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SUMMARY

The results of an investlgebtion at supergonic speed of the dis—
tribution of pressure over the surface of a swept slrfoil of biconvex
section at various sngleg of attack are presented. The alrfoil used
for the experiment was composed of sections T percent thick in stream—
wise planes and was swept back 63° 45!, The plan form of the wing
was such as to give an aspect ratio of 1.66 and & taper ratioc of 1.
Tests were made at a Mach number of 1.53 over a Reynolds number range
of 0.48 x 10® to 3.0 X 10° at angles of attack up to 10°.

The measurements have been compared wlth supersonic lifting—
surface theory. Good agreement between theory and experiment i=s
found except over the regions of the airfoll surface influenced by
the subsonlc trailing edge amd the tips. Within these regloms,
theory and experiment dlsagree., The dlissgreement 1s not consistent
at all angles of atback. Analysis of the date shows that the flow
is separsted near the tralling edge and, hence, the effect of viscos—
ity is predominant. The degree of separetion on the upper and lower
surfaces varied with angle of attack with s consequent variation in
the chordwise distribution of the sddltlonal 1ift.

Comparison of the messured chordwise distribution of 1lift with
the results of tests of alrfoil sections at transonic gpeeds
indicates that the separation effects may be attributed to shock—
wave boundary—layer interasction. This phenomenon mey be unususlly
severe for this slrfoil because of its thickmness distribution.

Although the normal-force and piltching-moment coefficients
determined from a mechsnical Integretion of the experimental
pressures are in good sgreement with theory at the low angles of
attack, the agreement must be viewed as being largely fortuitous
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because of the discrepancy between theoretically and experimentally
determined pressures.

INTRODUCTION

Theoretical solutions for the distribution of pressure at
supersonic speedd over the surface of 1lifting wings are, in general,
possible only if the nonlinear eguatione of motion are approxi-
mated by linear equatlons and viscosity effects are disregarded.
The approximations thereby introduced, of course, limlt the appli-
cability of the solutions to cases where the vlecoslty effects and
the nonlinear terms are mnot slgnificant.

The range of Mach numbers, airfoill thicknesses, angles of
attack, and Reynolds numbers for which the theory should give
reasonable accuracy can be estimated to sowe extent from mathemat—
ical considerations and from a general knowledge of viscous effects.
It is desirable, however, to determine the magnitude of the error
involved in using the theory to treat cases where it does not
strictly apply but for which at lesst an approximste solution is
required by the designer. This must be done, for the present at
least, by & sgeries of careful experiments.

The present report is the second of two publicatlons presenting
results of an experiment at one supersonic Mach number (M=1.53).
The first report (reference 1)} discussed the digtribution of
pressure over the swept alrfoll at zero 1lift. The present report
ig intended to serve as a partial check of the valldity of super—
sonic lifting-surface theory for swept wings.

The method of reference 2, which treats airfoils with subsonic
tralling edges, was used to compute the theoretical 1ifting pressure
distribution. References 3 and 4 might have been used, at least for
portions of the alrfoll surface ahead of the Mach line from the root
tralling edge. '

SYMBOIS
Re Reynolds number based on the streamwise chord of 6 inches
a angle of attack of the airfoil
Cn normal-force coefficient . .

N
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C / pltching-moment coefficlent about centroid of area based
2 on 6~Inch chord

P:‘ZZ liftingpressure coefficlent per dogree angle of atback
o

Dy local static pressure on the upper surface of the airfoil
D, local gtatic pressure on lower surface of the slrfoll

45 free—stream dynamic pressure

Po free—stream statlc pressure

Pozw stream stetic pressure coefficlent

Dy reference statlc pressure

x/c percent of chord

x streamwlise positlion from leading edge of alrfoil

c wing chord

DESCRTPTIORN OF APPARATUS

The expsrlmental Investligation was performed in the Ames 1- by
3—foot supersonic wind tummel No. 1. This tumnel is of the closed~
return varlaeble—pressure type operated at present wlth a flxed nozzle
dssigned for a Mach number of 1,53 in a 1~ by Zk-foot test section.
A detailed descriptlon of the tunnel is glven In reference 5.

Model and Model Support

The model sslected for the Investigation was composed of constant—
chord, symmstricel biconvex sections In planss perpendlcular to the
leading edge which was swept back 63°45!'} Circular—erc sectioms were
chosen for two reasoms: First, because the theory used to predict
the thickness pressurs distributlion l1s restrlcted to slrfolls with
sharp leadlng edges and, second, because the comstructlon of the model
was much simplifled. The thickness of the sections in planes parallsl

lThe airfoill sections in planes parallel to the stream consist of

elliptical arcs.
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to the stream was chosen as T percent prima.rily from a conslderatiom
of modsl strength.

Flgures 1 and 2 show the airfoil mounted In the tumnnel, and
flgure 3 glves all pertinent dimensions of the model.

A more detailed description of the model and the model support
gystem is given in reference 1, which also discusses the precautlions
that were teken to minimize disturbances In the tunnel alr stream
that the model support system might have caused.

ANALYSIS QF DA.'L'A
Alr-Stream Characteristics

In order to determine the character of the flow ae Influenced
by the model support system, en investigation of the wind—tunnel
alr gtream was made prior to actual tesis of the alrfoll, Static
pressure surveys of the stream were made parallel to the axls of the
tunnel at three poslitions across the stream in the horizontal plane
in which the model was placed. '

These surveys were made with a static—pressure probe consisting
of a 100—caliber ogival needle, 0,10 of an inch in diamster. Pressure
orifices were placed in the needle at a posltion for which an analysis
using linear theory indicated that the local pressure was equal to
that of the stream.

The results of the statlic-pressure survey are glven in figure L,
The Reynolds numbers indicated in this figure are based on the 6~inch
chord of the wing at tunnel total pressures of 3, 12, and 24 pounds
per squere inch, respectively. The date are glven as the difference
between the pressure messured wlth the needle and the pressure measured
by the test—section reference sitatic—pressure orifice In terms of
the dynemic pressure of the stream., This reference pressure orifice
i1s located on the side wall of the tummel 3.06 inches ahead of the
apex of the leading edge of the alrfoll., The pressure coefficlents
are plotted as a function of the distence -downstream from the loca—
tion of this orifice. The locatlon of the wing is shown in sach

flgurs,
Examinatlon of these data and comparison with previous surveys
of the stream along the center line of the tummnel without the model

support system show that practically the anly effect of the support
gystem was the propagation of a weak compression wave in the stream
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which can be traced to the leading edge of the model support plate.
This wave, which appears as a pressure dlscontinuity in flgure L(a)
b inches downstream of the positlon of the test—section reference
pressure orifice, becomes of negligible magnitude at a small distance
outboard of the support plate (figs. 4(b) and (c)). Rotating the
side plate through the range of angles of attack does not alter the
magnitude of thls compression wave.

This wave was origlnally belleved to be due to the fact that
the flat outer surface of the support plate was noy parallel to the
stream, but further tests with the inclination of the plate varied
showed merely a change in the general pressure level wlthout alter—.
Ing the strength of the wave. It seems probable that the dleturbance
resulte because it is impossible to produce e leading edge sharp
enough In terms of molecular dimenslons to prevent the formation of
a detached shock wave even though the flat sids of the plate is alined
with the stream. The formatlion of a houndary layer on the plate also
probebly mekes the edge of the plate effsectively blunt.

The existence of this dlsturbance had very little effect on
the stream static preasurs distribution over the region in which
the wing was placed. The pressure over this region was within tl:’-z-
percent of the average dynemic pressure of the stream.

REDUCTION OF DATA

The pressure data were recorded by photogrephing the mancmeter
board. The data were then plotted dlrectly in terms of pressure
coefficient through the use of a £ilm “reader!' The statlc—pressure .
corrections were made after plotting. The correctioms to the
measured pressure data wers made by subtracting from the reading
for each orifice. the difference 1n stream statlc—pressure coefficlemt
between the value at the position of the orifice and the average
value over the reglon of the wing. Thls method of correcting the
pressure coefficlents 1s such that the sams statlc pressure correctlion
i1s applied to both the upper and lower surface pressures. Since the
lifting—pressure coefficients were obtained by teking the differsnce
between the upper and lower surface pressures, there was effectively
no gtatic—pressure correction applied to the lifting-pressure coeffi—
clents. However, the true correctlion, which is very complex, may be,
in local regions, twlce as large as the correction applied, depending
on whether or not the disturbance is reflected from the wing. The
precision of the correction will be discuseed later,

The normal—force and piltching-moment coefflcients of the airfoil
were obtained by a process of mechanical integration. The pressure

.
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distribution diagrams for each spanwise statlon were Integrated for
each angle of attack to obtain the section normal-force coeffliclent.
The plots of section normel~force coefficient against percent semi-
span were Integrated to obtain the total noxrmal-force coefficlent of
the alrfoil at each angle of attack. A comparison of the theoretlcal
normal—force coofficlents obtalned fram a mechanical integration of
the theoreticael pressure—distributlon dlagrams with the theoretical
normal-force coeffloients determined from an analytic integration
reveal an error of about 8 percent in the mechanically integrated
normal-force coefficlentes. The experimental normal-force coefficlentas
obtained by mechanical integration are possibly also within 8 percent
of the true value.

PRECISION

S8ince the flow in the tunnsel is free of strong shock waves,
there remain only six major items which may cause inaoccuracies in
the determination of the experimental pressure distribution over ths
airfoll:

l. Errors of the pressure probe used to measure the statle
pressure Iin the stream

2, The error inveolved in using a superposition process to
correot for the varilation in the stream statio pressure

over the reglion of the wing
3. The error involved In reducing the data with a fllm reader
4, EBrrors of the individusl wing pressure orifices
5. The error introduced by varlations in stream angle
6. The error involved in settiné the angle of attack

No means for determining the Inaccuracy of the pressure probe
is avallsble at present. It is estimated, however, from calculation
of the pressure distribution over the probe and from what is generally
known about the imacouracies of pressure orifices that the pressure
probe messures the local—stream statlic pressure within é- of 1 percent.
This l1a the accuracy of the dynamlc pressure used In cbtalning pressure
coefficients.

The correction made for the pressure variation in the stream,
discussed previously, consists merely of a superposition process.
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The same static pressure correction wes applied to both the upper and
lower surface pressures. However, if the disturbances, causing the static
pressure veriation in the stream, are finite shock waves, then the true
correction 1s very complex, depending on whether or not the waves are
reflected fram the model, The correction may be twlce as large on that
surface of the alrfoll from which the disturbance 1s reflected. However,
a survey of the pressure distribution over a flat plate at zero angle

of attack in the wind tunnel gave the sams static pressure gradient as
was indicated by the needle survey. Since any sasymmetrical distvrbances
propagated from either the top or bottom of the tunmel would cause &
different pressure gradient over the flat plate than that given by the
needls, it appears that the major disturbances are elther symmetrically
disposed with respect to the top and bottom of the tunnel or that they
criginate from the side wells., In either case, the superposition process
glves a very close approximation., Therefore, since the static—pressurs
veriation over the region of the wing amounts to about +1%: percent of the
dynamic pressure, the accuracy of the correction would pr%ba.‘bly be within
% of 1 percent of the dynamic pressure if the superposition is 75 percent
correct. '

The use of the £ilm reader in plotting pressure coefflclents
involves an error of about $1/3 of 1 percent at the highest wind-
tunnel pressures where most of the pressure measurements were made,

Exemination of the data cobtalned from tests of the airfoll at
zoeyo lift shows that orifices at the same chordwise and spanwlse
positions on the upper and lower surfaces of the wing read the same
pressure within é of 1 percent of the stream dynemlc pressure. Tails
has been taken as the orlifice error.

Surveys of the wind~tummel stream show small gtream angles exist—
ing over the region in which the wing was placed. It 1s evident fxom
a study of the pressure data cbtalned for the alrfoll at zero 1ift,
however, that thelr influsnce was negligible since the 1ift dus to
the "induced camber® effect that should appear does not exist.

A messure of the finsl acouracy of the pressure distributicm
date. can be obtalned by takling the square root of the sum of the
squares of the various probsble Inscouraclies. The final pressure
coefficients are then foumd to approximate the true wvalues within

#1 percent of the dynamic pressure.

The ailrfoil was set at an angle of attack with a propelier
protractor which can be read accurately to within +0.05 of a dsgree.
Alrfoll deflectlons under load were measured with a cathetamster
and found to be negligible.
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The absolute humidiity was at all times kept below 0.0002 pound
of water per pound of air so that the correction involved was
negligible,

RESULTS AND DISCUSSION
Pressure Distribution

The experimental pressure coefficlents, corrected for the static
pressure variation in the stream, are given in teble I for angles of
attack from zero to 10° for two Reynolds numbers. These are the
basglc date fram which the plotted data discussed later are derived.
They are presented for use in any further ana.lysis which the reader
may wish to mske.

Flgure 5 shows a comparison between the theoretlcal and experi—
mental chordwlse distribution of lifting—pressure coefflclent per
degree angle of attack for the five apanwise stations of the airfoll
for whilch the pressure distributlions wers meassured. These data are
for the highest test Reynolds mumber 3.0 x 10%., It is evident that
theory and experiment agree well except within the reglons Influenced
by the subsonic trailling edge and the tip. (See fig. 3.) Examina—
tion of the dats for pressure orlfices near the tralling edge shows
that the shape of the additlionael 1lift curve varies with angle of
attack. A cross plot of the data for the orifice at 80 percent of
the chord in figure 5(c), for example, shows a variation in the
local lifting-pressure coefficient with angle of attack which 1s
quite similser to the varlation that occurs at suvbsonic speeds in -
the vicinity of the bevel of o beveled tralling-edge airfoll, For
the angleg of attack up to 49 an increase in angle of attack
results in negative 1lift. mMis "bevel effect” is well known to
control-gurface designers and has been proposed as & means of balanc—
ing control surfaces. (See reference 6.) This phenomenon depends
on turbulent separation of the flow from hoth surfaces of the air—
foil at zero 1lift. The reductlion In the dsgree of meparation on
the lower surface that occurs when the angle of atiack ls incresased
provides the negative 1ift.

For the alrfoil of the present investigatlon, the separation
of flow near the tralling edge wes noted from studlies of the boundary-—
layer flow in reference 1, substantlating the conclusions reached
from an examinstion of the pressure data presented herein. Since
flow separation exists, no agreement between theory and experiment
can.be expected In this reglon of the airfoll.
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It is Interesting to note that some similsrity exlsts betwsen
the results of flgure 5 and the data of reference T which presents
two—dimensional pressure—~distribution characteristics for ailrfoil
gections similar to those used for the wing of the prssent test. A
comparison of the data indicates that the flow separation and its
consequent effect on the 1ift distributlion over the rear of the alr—
foil is dus primarily to the chordwise—thickness distribution. The
pressure data of reference 7 show that separation becomes more severe
ag the position of maximm thickness is moved rearward. Examination
of unpublished schlieren photographs obtalned during those sams tests
corroborate this conclusion.

A close correlastion of the results of reference T with the data
of the present test is not to be expected. Those resulis were
obtained through tests of airfoil sectloms of 6-percent maximum
thickness. As noted previocusly, the alrfoil of the present test is
7 percent thick in streamwise planes and 15.9 percent thick in planes
perpendlicular to the lsadlng edge. Which thickness is more significant
18 not clear, since the aspect ratio is so small that a perfect cylin—
drical or section—type flow does not exist.

The comparison suggests, however, that sectlon data are in
general useful In determining flow characterlstlics of swept airfoils
even though cylindrical flow does not exist. It suggests further
that the trailing-edge angle and chordwise—thickness distributioms
are importent parameters at supersonlic speeds and that care must be
taken In selecting sirfoil sectlions for swept wings.

The agreement betwsen theoretical and experimental pressure
distributions near the tip is poor, experiment showing a great deal
more lift. This effect has beoen noted at subsonlc speeds. The
probabllity existes that there is 1lift added to the tip, because the
vortex sheet discharged from the tip does not lie in the plane of the
wing as theory assumes.® In addition, this effect may be due in
part to the rapld thickening of the boundsry layer in thls region.

Filgure 6 presents the chordwlse variatiom of lifting—pressure
coefficient per degree at five spanwise statioms at 40 angle of
attack for three test Reynolds numbers, 0.48 x 10%, 1.85 x 10%, and
3.0 X 10%, The effect of the Reynolds number variation ls negliglble
except wilthin the region of Influence of the subsonic trailing edgs.

2The effect of the departure of the vortex sheet from the plane of
the wing becomes of greatest importance for low aspect ratlios and
has been treated by Bollay in reference 8.
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In this region a reduction in Reynolds number s¢o influsnces the
flow separation as to reduce the negative 1lift,

Although laminar separation was cbserved st the lowsst Reynolds
number at zero lift, this phenomenon disappeared ss soon as the
alrfoll wea glven an apprecleble angle of attack.

In reference 1 1t was shown that through a calculation of the
local Mach number on the surface of the airfoil by linear theory,
1t 1s possible to determine theoretlcally the curved line defining
the foremost Influence of the subsonic trailing edge. Good agree—
ment between the pressure discontinulty so deflined and the experi—
mentally determined pressure discontinulty was shown at zero lift.
(See reference 1.) For the airfoil at an angle of attack, however,
exanmination of the pressure date of table I glves no clear evldence
of a steep pressure increase as was noted at zerc 1lift., This is
probably due to the fact that on the upper surface of the airfoll
the boundery layer thickens very rapldly as the engle of attack is
Increased because of the sharp leading edge. The exlstence of a
sharp pressure rise or shock wave 1s, therefore, not discernible
from the pressure data becaunse the abrupt pressure rise 1s probably
d1ffused by the thlckensd boundary layer as hes been shown In reference
9. Studles of the boundary-layer flow, however, do indicate the
oXxlatence of a curved pressure discontinulty. These atudles are
discussed later.

Boundary-Layer Studies

Use was made of the liquid~£ilm technique, which has been
discussed fully in reference 10, to invesilgate the character of
the boundary flow. This method of visuallzing the boundary—layer
flow consists of applying a thin flim of a slightly volatile liquid
to the alrfoll surface and chaserving the degree of evaporatlon from
various portlons of the alrfoll to determine the reletive ereas of
laminar and turbulent flow. The liquid-film gtreamers also glve an
indicatlon of the direction of flow of the alr in the boundary layer
next to the eirfoil surface.

Flgure 77 shows flow studles at the highest test Reynolds number
at 0°, 4°, and 8° angle of attack. The exlstence of turbulent
geparation at zero lift i1s indicated by the photograph of figure T(a).
The liquid~film streemers turn and flow slong the airfoil—surface
generstors near the itralling edge. This conflvms the exiatence of
separation that was indlcated by the pressure data.
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At 4° angle of attack (fig. 7(b)), the seperation is shown o
be more extenslive, extending forward to the pressure discontinulty
propagated from the root trailing edges.” Thls pressure discontinulty
which probably is a shock wave, though the pressurs date are not
concluslve, 13 seen to be curved in a mamner quites simllar to that
discussed in reference 1, As notsd In reference 1, if the pressure
discontinulty is bent back sufflciently so that it eventuslly lies
along one of the alrfoll gsnerators, the alrfoll has reached or
excesdsd lts critlical supersonlc Mach number, This seems to be the
case for the alrfoll of the present test. '

Examination of figure T(b) shows a thin ridge of fluld lying
Just behind the leading edge. The existence of this ridge denotes
g small reglon of laminar separation which 1s to be expected with
a sharp lesding edge.

At an 8° angle of attack (fig. T(c)), the boundary layer has
become so thick over the entire wing that it is impoasible to place
any interpretation onr the liquid—film flow,

Normal Force amnd Pitching Moment

The normali~force and pliching-moment characteristics of the
ailrfoll were dotermined by a mechanical Integration of the lifting
pressures over the ares of the wing at the various test angles of
attack. These data are plotted in figures 8 and 9 and are ccmpared
with the results calculated by the linear theory of reference 2,
The resulte show good agreement between the theoretical normel-force—
curve and moment-curve slopes through zero lift. This agreement is
somewhat surprising, especilally for +the pitching moment, in view of
the serious discrepancy between the theoretlcal and experimental
pressure dlstributions near the tralling edge and tip, and hence
mey be viewed as being largely fortulious.

CONCLUDING REMARKS

The results of the Investigatlion show that theory and experi—
ment are in good agreement In those regions of the alrfoil not
influenced by the subsonlc trailing edge and the tip. Within the
Mach cone of the root tralling edge, no correspondsnce betwesn
theory and experiment exlsts. The lack of agreement can be atirl—
buted to the occurrence of turbulent separatlon which renders <the
theory invalld 1n this region. Near the tip, the fallure of the
theory is belleved to bs due to boundary-layer effects and to the
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offects of the distortion of the dischargéd. vortex sheet.

Camparison of the results of the experiment wlth sectlon data
at transonic Mach numbers, especlally with regerd to the separation
of flow near the tralling edge, indicates that the thickness distri—
bution of the alrfoll is Important.

The alrfoll of the present test ls apparsntly +too thick to
permit the use of the linear theory for an accurate estimetlon of
the lifting pressures at the test Mach number, The thickness distri—
bution elso appears to0 be undesirable. Additional tests of alrfolls
camposed of thimmer sectlons with different thickness distributions
are deslreble, however, for the purpose of Investlgating the validity
of the linear theory near s subsonlc trailing edgs.

Ames Aeronautlicel Iaboratory,
National Advigory Committee for Aeronautics,
Moffett Fleld, Calif.
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NACA RM No. A8F22

Figure 1.~ Sketch of alrfoll mounted for test.
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Re = 3.0 x 10°,

= 1.53.
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Photographs of liquid film
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Figure T.— Comcluded.
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